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1.0 Introduction
1.1 General Information

The Magnetospheric Multiscale (MMS) mission is the fourth mission of the Solar Terrestrial Probe (STP) program of the National Aeronautics and Space Administration (NASA).  The MMS mission will use four identically instrumented observatories to perform the first definitive study of magnetic reconnection in space and will test critical hypotheses about reconnection.  Magnetic reconnection is the primary process by which energy is transferred from the solar wind to the Earth’s magnetosphere and is also fundamental to the explosive release of energy during substorms and solar flares.

The MMS mission will study magnetic reconnection in the Earth’s magnetosphere.  The four MMS observatories will be required to fly in a tetrahedral formation in order to unambiguously determine the orientation of the magnetic reconnection layer.

1.2 Scope
This specification describes the electrical, mechanical, environmental, and verification testing requirements for a space-qualified Digital Sun Sensor (DSS) for a Goddard Space Flight Center (GSFC) payload, the Magnetospheric Multiscale (MMS) Mission.

2.0 Applicable Documents
The following documents and drawings in effect on the day this specification was signed shall apply to the fabrication and to the electrical, mechanical, and environmental requirements of the DSS to the extent specified herein.  In the event of conflict between this specification and any referenced document, this specification will govern, with the exception of the Magnetospheric Multiscale DSS Statement of Work (461-ACS-SOW-0007), in which case the Statement of Work (SOW) takes precedence.

The following is a list of the applicable specifications and publications.

Table 2‑1  Applicable Documents
	Section
	Document Number
	Title
	Revision/Date

	Many
	461-ACS-SOW-0007
	MMS DSS Statement of Work
	12/04/09

	Many
	461-ACS-LIST-0015
	MMS DSS DILS
	12/04/2009

	1.1
	ANSI/TIA/EIA-422-B
	Electrical Characteristics of Balanced Voltage Digital Interface Circuits
	09/16/2005

	1.1.1
	ANSI/TIA/EIA-644-A-2001
	Electrical Characteristics of Low Voltage Differential Signaling (LVDS) Interface Circuits 
	02/2001

	1.1.1
	MIL-STD-1576
	Electroexplosive Subsystem Safety Requirements and Test Methods for Space Systems
	07/31/1984

	6.1
	NASA-STD-5001A
	Structural Design And Test Factors Of Safety For Spaceflight Hardware
	08/05/2008

	6.1
	AFSPCMAN 91-710
	Range Safety User Requirements
	07/01/2004

	6.4.2
	NASA-HDBK-7005
	Dynamic Environment Criteria
	BASE/ 3/13/2001

	6.4.2
	NASA-STD-7001
	Payload Vibroacoustic Test Criteria
	BASE/ 6/21/1996

	7.1.1.2
	IEST-STD-CC1246D
	Product Cleanliness Levels And Contamination Control Program
	2002

	7.1.2.2.1
	ASTM E-595-07
	Standard Test Method for Total Mass Loss and Collected Volatile Condensable Materials from Outgassing in a Vacuum Environment
	12/01/2007

	8.1.2
	MIL-DTL-5541
	Chemical Conversion Coatings on Aluminum and Aluminum Alloys
	07/11/2006

	8.1.2
	AMS 2488
	Anodic Treatment - Titanium and Titanium Alloys Solution Ph 13 Or Higher
	06/01/2000

	8.1.2
	MIL-A-8625F(1)
	Anodic Coatings for Aluminum and Aluminum Alloys
	09/15/2003

	8.2.3.1.1

8.2.3.1.7

8.2.3.2.1

8.2.3.2.4
	EEE-INST-002
	Instructions for EEE Parts Selection, Screening, Qualification, and Derating
	04/2008

	8.2.3.1.2
	DOD-HDBK-83575
	General Handbook for Space Vehicle Wiring Harness Design and Testing
	06/04/1998

	8.2.3.8
	NASA-STD-8739.3
	Requirements for Soldered Electrical Connections
	12/15/97

	8.2.3.8
	NASA-STD-8739.4 
	Requirements for Crimping Inter-connecting Cables, Harnesses, and Wiring 
	02/09/98

	8.3
	MIL-STD-461C
	Military Standard, Electromagnetic Emission And Susceptibility Requirements For The Control Of Electromagnetic Interference (EMI) 
	08/04/1986


3.0 Contract Description
3.1 DSS Description

The Digital Sun Sensor (DSS) is a photoelectric sensor device that provides an encoded discrete output. This output is a digital representation of the angle between the sun line and the normal to the sensor face when the sun is in the field of view (FOV) of the DSS. 
The DSS will be used to determine the angle between the sun line and the spacecraft spin axis and to indicate sun crossing within the sensor field-of-view (FOV).  This knowledge will be used by the spacecraft's attitude control system to estimate the spin rate of the vehicle and position the vehicle relative to the sun-to-vehicle line-of-sight.  
The Sun Sensor will be capable of measuring the sun’s position over a spin rate from 1 rpm to 10 rpm. The unit will provide the required performance utilizing the appropriate low power, weight and envelope as specified in the following requirements.
3.2   Orbit Description

The nominal mission attitude is the Z axis pointed 2° off ecliptic normal toward the sun within +/-30° of the earth-sun line. Inclination measured from the Earth’s equator starts at +28.5 degrees and ranges from +15 to +35 degrees over the mission life. The spacecraft minus Z axis will face the south ecliptic polar region. 
The nominal mission orbits are given in the following table and depicted in Figure 3-1. 
	Phase 
	Approximate Duration (months) 
	Description 

	0 
	4 
	Launch into 185 km altitude perigee by 12 Re apogee (70,158 km altitude)

	Perigee Raise
	
	

	1 
	18 
	1.2 Re (1276 km altitude) x12 Re (70,158 km altitude) 

	2a 
	2.5 
	Raise apogee from 12 Re to 25 Re in increments; perigee remains @ 1.2 Re (1276 km altitude) 

	2b 
	4 
	1.2 Re (1276 km altitude) x 25 Re (159450 km altitude) 


Table 3‑1MMS Mission Nominal Orbits
Note that perigee can drift from the nominal 1276 km altitude down to 900 km due mainly to lunar perturbations. 
[image: image1.emf]
Figure 3‑1 MMS Mission Phase Orbits and Orbital Parameters
4.0 Functional/Performance Requirements

The DSS shall be designed to withstand the operational and non-operational environments specified in the following sections without degradation to mission goals and performance requirements. 
4.1 DSS Flight Unit Performance/Functional Requirements
4.1.1 Coordinate System

The DSS coordinate system is defined such that the boresight of the sensor is perpendicular to the spacecraft’s +Z axis. Positive measurements of the sun elevation angle shall be defined as zero in the +X - +Y plane and increasing in magnitude towards the +Z axis. 
 SHAPE  \* MERGEFORMAT 



Figure 4‑1 MMS Spacecraft Coordinates

4.1.2 Operational Field of View (FOV)
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Figure 4‑2 Sun Sensor Field of View
The DSS shall be capable of operating and providing single axis sun elevation data over a Field of View of ± 85 degrees ± 0.5 degrees.
4.1.3 Spin Rate Operating Range
The DSS shall be capable of measuring Sun position at any spin rate from 1 to 10 RPM.
4.1.4 Sun Elevation Angle Accuracy
The DSS shall measure the Sun Elevation Angle to within 0.3 degrees (3 sigma) in the

Elevation Angle range of 60 degrees; and to within 2 degrees (3 sigma) for Sun Elevation Angles greater than 60 degrees.

4.1.5 Sun Elevation Angle Resolution

The resolution of the measured Sun Elevation Angle shall be less than 0.125 degrees.

4.1.6 Processor Delay

The total DSS processing delay shall be less than 100 microseconds.

4.1.7 Sun Pulse Output Accuracy

The DSS shall output a pulse which indicates the passage of the sun through the DSS FOV to within 0.25 degrees (3 sigma).

4.1.8 Sun Pulse Output Repeatability

The sun pulse generated by the DSS shall be repeatable to within 0.025 degrees (3 sigma).

4.1.9 Earth Albedo

The DSS performance shall not be degraded in the presence of earth albedo.
4.1.10 Power Switching
The DSS shall not need to be switched off when outside the temperature limits.
4.2 Resource Allocations
4.2.1 Reserved
4.2.2 Mass Allocation

The DSS shall have a mass of less than or equal to 0.25kg (kilograms).
4.2.3 Nominal Power Allocation

The DSS shall have a nominal (continuous) power consumption of less than or equal to 0.35 Watts.
4.3 Power
4.3.1 Reserved
4.3.2 Power Input Requirements

4.3.2.1 Operating Voltage Range

The DSS shall be designed to operate with a dual power supply of ±12.0 VDC (± 4%) at its primary power input. 
4.3.2.2 Abnormal Voltages 
The DSS shall survive without performance degradation after indefinite exposure to an anomalous input voltage range of 0 to +13.0 VDC on its positive (+12V) input power line.  The DSS shall survive without performance degradation after indefinite exposure to an anomalous input voltage range of -13V to +0 VDC on its negative (-12V) input power line .This requirement shall be verified by analysis or test of a non flight unit. 
4.3.2.3 Voltage Ripple
The DSS shall meet all performance requirements when exposed to an input voltage ripple of 300mV peak to peak (10 KHz to 2MHz).
4.3.2.4 Reserved 
4.3.2.5 Sudden Removal of Power

The DSS shall meet its performance requirements without degradation after exposure to an abrupt, unannounced removal of power.

4.3.2.6 Polarity Reversal Protection

The DSS shall have built-in protection to prevent damage due to polarity reversal at the power inputs.

4.3.2.7 Subsystem Over-Current Protection

The DSS shall not use non-resetting over-current protection (i.e., fuses) internal to the unit, but if they are required by the contractor to isolate an internal fault, the prior approval shall be required by the GSFC COTR.

4.3.2.8 Secondary DSS Power Return Ground

The DSS shall provide Power return in the same connector as power. The power input traces shall be kept as close as possible to their return traces to obtain the best possible magnetic field self-cancellation on the circuit boards, as well as through the connector (i.e. adjacent pins). See the Magnetics Cleanliness section for more information.
4.3.2.9 DSS Power Wire Redundancy

The DSS shall provide redundant contacts or connections for the input power and return lines.
4.3.3 Load Induced Noise Requirements

This section deals with noise that the DSS may place onto the incoming power input lines.
4.3.3.1 Turn-on Current Transients

The amplitude and duration of in-rush currents, at both initial application of primary power and subsequent component turn-on, shall be under the limits shown below:
· <10 microseconds: 5 times of max steady state 

· Between 10 microsecond and 500 milliseconds: 2 times of max steady state

· >500 milliseconds: not to exceed max steady state

4.3.3.2 Operational Current Transients

The DSS operational current transients on the positive (+12V) input power line shall be less than 0.160 Amps peak.  The DSS operational current transients on the negative    (-12V) input power line shall be less than 0.160 Amps peak.
4.3.3.3 Current Rate of Change

The rate of change of the current on the positive (+12V) input power line shall be less than or equal to 200 micro-amperes/micro-second.  The rate of change of the current on the negative (-12V) input power line shall be less than or equal to 200 micro-amperes/micro-second.
4.4 Electrical Grounding

4.4.1 Reserved
4.4.2 DSS Internally Generated Secondary Power Return

The secondary return (power, signal, analog, or digital grounds) generated inside the component shall be locally referenced to ± 12 V return. The ±12 V return shall be connected to the DSS box chassis at a single point with less than or equal to 2.5 mΩ DC resistance.
4.4.3 Reserved
4.4.4 Reserved
4.4.5 Mechanical Contact Impedance

The DC resistance of the mechanical contact between two conductive mating surfaces (internal to the component, and at the spacecraft interface) shall be less than or equal to 2.5 mΩ DC resistance.

4.4.6 Mating Method

The primary mating method for a component shall be metal-to-metal contact between component mounting feet (or base plate) and the spacecraft structure.
4.4.7 Reserved

4.4.8 Reserved
4.4.9 Reserved
4.4.10 Connector DC Resistance

Component connectors of components that contain electrical circuits with secondary voltages tied to chassis ground shall be electrically connected to chassis with a DC resistance less than or equal to 2.5 mΩ.

4.5  Signal and Data Interfaces
4.5.1 Reserved

4.5.2 Reserved
4.5.3 Digital Telemetry

4.5.3.1 Digital Telemetry Interface

The interface to the Digital Sun Sensor shall be a digital single-ended interface (TTL) that provides the following signals:

· Sun Crossing Pulse

· Sun Elevation Data (11 bits)
At a minimum, 2 digital signal returns should be provided in the signal interface connector to minimize unbalanced currents from the single ended drive signals.
4.5.3.2 Digital Telemetry Voltage Range

The digital telemetry voltage range shall be within 0 to +5 VDC.

4.5.3.3 Digital Telemetry Short Circuit Protected

The sources of digital telemetry signals shall be short circuit protected.

4.5.3.4 Digital Telemetry Source and Load Resistance

The source and load resistances (at the source and destination, respectively) for digital telemetry signals shall be such that the intended logic levels from the source are not violated.

Physical Requirements
4.6 Interface Documentation
The mounting interface shall be defined in the Mechanical Interface Control Drawing (ICD), which will be developed between the contractor and NASA GSFC.

The electrical interface shall be defined in the Electrical Interface Control Drawing (ICD), which will be developed between the contractor and NASA GSFC.

The data interface shall be defined in the Data Interface Control Drawing (ICD), which will be developed between the contractor and NASA GSFC.
4.7 Mass Properties
4.7.1 Reserved

4.7.2 Volume
The total volume of the DSS including electronics and mounting provisions shall not exceed 300cm3 (three hundred cubic centimeters)
4.7.3 Center of Mass Location
The contractor shall define the center of mass. 

4.7.4 Center of Mass Accuracy

The center of mass shall be determined to within ±2.5 mm relative to an external reference.

4.8 Reserved
4.9 Mounting
The DSS shall be mounted unto the spacecraft such that its boresight vector is perpendicular to the spacecraft’s geometric Z axis. The DSS mounting interface shall be a planar surface with a flatness specified in the DSS Mechanical Interface Drawing (ICD).
4.9.1 Hole Mounting Pattern

The DSS hole mounting pattern shall be designed to ensure proper component operational polarity.
4.10 Reserved
4.10.1 Reserved 
4.11 Alignment
4.11.1 Angular Alignment Placement
Angular alignment of the sensor electrical axes to the optical or mechanical reference shall be 360 arc seconds or better in each axis.

4.11.2 Angular Alignment Knowledge

Knowledge of the DSS axes alignment to the optical or mechanical reference shall be 36 arc seconds or better in each axis. This shall include any shifts due to mechanical and thermal environments.

The total thermal misalignment is computed from room temperature to -15C or room temperature to +40 C, which ever produces the largest shift.
4.11.3 Reserved

4.11.4 Alignment Method

Proper fit/alignment of the DSS to the structure shall be inherent in its design, fabrication, and assembly to the structure, through the use of close dimensional control in the location of mounting holes and the use of correct mounting hardware.

4.11.5 Alignment Measurement Tooling/Features

Optical reference surfaces that permit alignment on the spacecraft to the mechanical coordinate frame shall be provided on the DSS. Optical reference surfaces shall be at least 0.6 x 0.6 inches. Optical reference surfaces shall be capable of producing an autocollimation indication. Optical reference surfaces that permit alignment on the spacecraft to the spacecraft's mechanical coordinate frame shall be provided. The optical references can be removable to meet mass, volume or other requirements. Removable optical reference installation shall be repeatable to within 30 arc-sec. 
5.0 Environmental Requirements

Environmental design requirements for the DSS are specified in this section.  The DSS will be capable of meeting its performance requirements after exposure to the environments specified in this section.

5.1 Mechanical Factors of Safety

The DSS as well as Mechanical Ground Support Equipment (MGSE) shall demonstrate positive Margins of Safety under limit loads for all yield and ultimate failures using the Factors of Safety (FS) defined in Table 5‑1 (see NASA-STD-5001A for more information on other materials [e.g. glass]). Margin of Safety (MS) is defined as follows:  

MS = (Allowable Stress (or Load)/(/ (Applied Limit Stress (or Load) x FS)) -1
Table 5‑1  Factors of Safety

	Type of Hardware1,2
	Static/Sine
	Random/Acoustic4

	
	
	

	Tested Metallic Structure Yield
	1.25
	1.6

	Tested Metallic Structure Ultimate
	1.4
	1.8

	Stability Ultimate
	1.4
	1.8

	Beryllium Yield
	1.4
	1.8

	Beryllium Ultimate
	1.6
	2.0

	Composite Ultimate3
	1.5
	1.9

	Bonded Inserts/Joints Ultimate
	1.5
	1.9

	Untested Flight Structure Yield- metallic only
	2.0
	

	Untested Flight Structure Ultimate - metallic only
	2.6
	

	Ground Support Equipment Yield
	3.0
	

	Ground Support Equipment Ultimate
	5.0
	

	Transportation Dolly/Shipping Container Yield
	2.0
	

	Transportation Dolly/Shipping Container Ultimate
	3.0
	


1 – Factors of safety for pressurized systems to be compliant with AFSPCMAN 91-710, “Range Safety User Requirements.”

2 – Factors of safety for glass and structural glass bonds specified in NASA-STD-5001.

3 – All composite structures must be tested to 1.25 x limit loads.

4 – Factors shown should be applied to statistically derived peak response based on RMS level.  As a minimum, the peak response shall be calculated as a 3-sigma value.
5.2 Quasi-Static Acceleration

Quasi-static acceleration represents the combination of steady-state accelerations and the low frequency mechanically transmitted dynamic accelerations that occur during launch.

The DSS shall demonstrate its ability to meet its performance requirements after being subjected to a net CG limit load of 35.9 g in any direction. 
Linear interpolation shall be used between breakpoints to determine the appropriate limit load as a function of DSS weight.  Note that these design limit loads are intended to cover only the low frequency launch environment and must be used in conjunction with the random vibration environments to assess structural margins.

5.3 Frequency Requirement

5.3.1 Fundamental Launch Frequencies
The DSS shall have a fundamental frequency greater than 75 Hz when hard mounted at its SC interface.

Frequencies will be verified by sine sweep testing. 
5.3.2 Reserved
5.4 Vibration

5.4.1 Sinusoidal Vibration

The DSS shall demonstrate its ability to meet its performance requirements after being subjected to the sine vibration environment in Table 5‑2, applied at the MMS to DSS interface. See Section Error! Reference source not found. for definitions of Protoflight, Qual, and Acceptance.
Table 5‑2  DSS Sine Vibration Environment

	Frequency
	Protoflight/Qual Level
	Acceptance Level

	5 - 50 Hz
	12.5 g’s

(4 oct/min protoflight and

2 oct/min prototype hardware)
	10 g’s

(4 oct/min)


Levels may be notched to not exceed 1.25 times the design limit load.  The DSS shall test for this environment up to 50 Hz and be analyzed from 50 to 100 Hz Peak. Note that if levels cannot be reached at the low end of the frequency range (5 – 20 Hz typically) may be ramped up as needed frequencies due to accommodate shaker table displacement limitations, that will have to be approved by as a waiver by NASA/GSFC. 
5.4.2 Random Vibration

The DSS shall demonstrate its ability to meet its performance requirements after being subjected to the random vibration environment in Table 5‑3, applied at the MMS to DSS interface.

Table 5‑3  DSS Random Vibration Environment

	Frequency (Hz)
	Protoflight/Qual Level
	Acceptance Level

	20
	0.026 g2/Hz
	0.013 g2/Hz

	20 – 50
	+6 dB/Octave
	+6 dB/Octave

	50 – 800
	0.160 g2/Hz
	0.080 g2/Hz

	800 – 2000
	-6 dB/Octave
	-6 dB/Octave

	2000
	0.026 g2/Hz
	0.013 g2/Hz

	Over All
	14.1 grms
	10.0 grms

	Duration (minutes)
	1 (protoflight), 2 (Qual)
	    1


The above random environment is appropriate for DSS weighing 22.7 kg (50 lbs) or less.  Note for lightweight DSS, the highest design loads may be from this random vibration environment.  The contractor shall perform random vibration analysis along with static loads analysis.  Please see NASA-HDBK-7005 and NASA-STD-7001 for more information.

5.5 Shock

The DSS shall be designed to meet its performance requirements after being subjected to the shock environment in Table 5‑4, applied at the DSS interface. 

Table 5‑4  Limit Level Shock Response Spectrum
	Frequency (Hz)
	Acceptance Level (Q=10)
	Protoflight Level

	100
	31.5 g
	44 g

	100 to 397
	8.7 dB/Octave
	9 dB/Octave

	397 to 8000
	229.8 g
	324 g

	8000 to 10000
	7.8 dB/Octave
	8 dB/Octave

	10000
	306.4 g
	432 g

	Three Mutually Perpendicular Axes


5.6 Acoustics

The DSS shall be designed to meet its performance requirements after being subjected to the acoustic environment listed in Table 5‑5. 
Table 5‑5  Limit Level Acoustic Environments

	Center Frequency (Hz)
	Max Predicted Sound Pressure Level (dB)

	25
	114.0

	31.5
	120.3

	40
	127.5

	50
	122.5

	63
	124.0

	80
	124.5

	100
	126.0

	125
	126.0

	160
	127.1

	200
	127.0

	250
	126.5

	315
	126.0

	400
	126.0

	500
	124.5

	630
	122.0

	800
	119.5

	1000
	116.5

	1250
	114.0

	1600
	112.0

	2000
	114.0

	2500
	111.0

	3150
	110.0

	4000
	109.0

	5000
	108.5

	6300
	108.0

	8000
	109.7

	10000
	110.5

	OASPL
	137.1

	Duration
	1 minute flight and

2 minutes non-flight hardware


The reference point is 20 Pa.

5.7 Transportation

All Transportation loads that the DSS is exposed to shall be less than the Quasi-Static, Vibration, Shock, and Acoustic loads previously defined.
5.7.1 Protective Covers

Removable protective covers shall be included with the sun sensor to protect optics during shipping and handling. The covers will be removed to meet mass, volume, or other requirements.

5.8 Pressure
5.8.1 Operating Pressure Range

The DSS shall be designed to meet all performance requirements while operating over a pressure range of 1.08 x 105 N/m2 (813 Torr) to 1.3 x 10-12 N/m2 (1 x 10-14 Torr).
5.8.2 Maximum Depressurization Rate

The DSS shall be designed to meet all performance requirements after exposure to a maximum depressurization rate of 6205.3 N/m2/second (46.54 Torr/sec) experienced during launch and ascent.
5.9 On-Orbit Dynamic Environment

The DSS shall be designed to handle all linear and angular acceleration requirements at the same time, i.e. the linear and angular accelerations are not mutually exclusive.

5.9.1.1 Steady State Linear Acceleration

The DSS shall be designed to meet all performance requirements while experiencing steady state linear accelerations of 2.0 m/s2 along the sensor boresight direction.

5.9.1.2 Dynamic Linear Acceleration

The DSS shall be designed to meet all performance requirements while experiencing linear accelerations of 0.089 m/s2.
5.9.1.3 Dynamic Angular Acceleration

The DSS shall be designed to meet all performance requirements while experiencing angular accelerations of 0.024 rad/s2.
5.10 Humidity

The DSS shall be able to meet performance requirements after exposure to relative humidity levels of 30% to 70%.
5.11 Thermal Requirements

5.11.1 Flight Interface Design Temperature Limits
When powered “OFF”, the DSS shall be capable of surviving when its temperatures are within the survival limits shown in Table 5‑6 without damage or permanent performance degradation.  

The DSS shall meet performance specifications and operate without damage or permanent performance degradation, if powered “ON” anywhere within the Operational and Protoflight/Acceptance limits shown in Table 5‑6.

The DSS shall demonstrate turn on at the cold Protoflight/Acceptance limits shown in Table 5‑6.

Table 5‑6  Temperature Levels at Mounting Interface

	
	Minimum Temperature (ºC)
	Maximum Temperature (ºC)

	Operational (In Spec)
	-20
	+50

	Protoflight/Acceptance (In Spec)
	-25
	+60

	Survival (Unpowered)
	-40
	+60


5.11.2 Ground Test Environment

The DSS shall be able to operate in a lab environment with air temperature between +15 and +25 degrees Celsius and relative humidity between 30 and 70%.

The DSS shall survive without degradation during transportation temperatures of +15 to +30 degrees Celsius and relative humidity of 0 to 70%.

5.12 Charge Particle Radiation Requirements

The DSS will be exposed to a natural space radiation environment that consists of: (1) trapped particles which include electrons, protons, and heavier ions; (2) particles from solar events (coronal mass ejections and flares); and (3) galactic cosmic ray particles.
5.12.1 Definitions

Total Ionizing Dose (TID) - the mean energy deposited by ionizing radiation in a device region divided by the mass of the region. This is often given in units of rad(Si), where 1 rad(Si) = 100 erg deposited per gram of silicon.

Displacement Damage Dose (DDD) - the mean energy deposited by ionizing radiation in a device region that goes into atomic displacements divided by the mass of the region. There is no official unit for DDD. One such unit is MeV/g 

Single Event Effect (SEE) - any measurable effect to a circuit due to an ion strike. This includes, but is not limited to, single event upsets (SEUs), single event transients (SETs), single hard errors (SHEs), single event latchups (SELs), single event functional interrupts (SEFIs), single event burnouts (SEBs), single event gate ruptures (SEGRs), and single event dielectric ruptures (SEDRs).
Single Event Upset (SEU) - a change of state or transient induced by an energetic particle such as a cosmic ray or proton in a device. This may occur in digital or analog, circuits and may have effects in surrounding interface circuitry (a subset known as SETs). These are “soft” errors in that a reset or rewriting of the device will usually return the device to normal behavior thereafter. The general goal for non-destructive events such as SEUs or SETs is not to avoid them completely, but to manage their impact through robust circuit design, automatic correction, and/or operational activities based on knowledge from ground radiation tests and circuit/system analysis.

Single Hard Error (SHE) - a SEU that causes a permanent change to the operation of a device. An example is a stuck bit in a memory device.

Single Event Burnout (SEB) - a condition that can cause device destruction due to a high current state in a power transistor.
Single Event Gate Rupture (SEGR) - a single ion induced condition in power MOSFETs that may result in the formation of a conducting path in the gate oxide.
Multiple Bit Upset (MBU) - an event induced by a single energetic particle such as a cosmic ray or proton that causes multiple upsets or transients during its path through a device or system in a single logical structure (ex., 2 bits affected in a single 16-bit word).
Single Event Functional Interrupt (SEFI) - a condition that causes loss of device functionality due to a single event in a control portion of a device. It generally requires a device reset or a re-initialization to resume normal device operations, but, for some devices, a power cycle is necessary to resume normal device operations. The general goal for non-destructive events such as SEFI is to avoid them, however, managing their impact through robust circuit design, automatic correction, and/or operational activities may be considered.
Single Event Latchup (SEL) - a condition that may cause device failure due to a single event induced high current state.  A SEL may or may not cause permanent device damage, but requires power cycling of the device to resume normal device operations. In addition, susceptible devices have the concern for latent damage (device does not fail from the immediate single particle event, but reliability is degraded and premature failure may occur).
Linear Energy Transfer (LET) - a measure of the energy deposited per unit length as an energetic particle travels through a material.  The common LET unit is MeV*cm2/milligram (mg) of material (International System of Units [Si] for Metal Oxide Semiconductor [MOS] devices, etc.).

Threshold LET (LETth) - the maximum LET at which no SEE is observed at a particle fluence of 107 ions/cm2.
Non-Ionizing Energy Loss (NIEL) - a measure of the rate of energy loss due to atomic displacements as a particle traverses a material..
5.12.2 Total Ionizing Dose
5.12.2.1 Minimum TID Tolerance for EEE Parts (non-bipolar/biCMOS)
All EEE parts (except bipolar/bi-CMOS) shall be able to tolerate two times (x2) the dose shown for the TID curves in Figure 5‑1, using only the contractor specific box shielding.
(NASA may provide relaxation to this requirement through the use of a ray trace analysis, based on spacecraft and DSS design information)
[image: image4.wmf]MMS Mission: Dose-depth Curve at the Center of Aluminum Spheres
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Figure 5‑1  Total Dose for MMS Orbits

5.12.2.2 ELDR Evaluation

All parts based on bipolar or bi-CMOS technology that are susceptible to Enhanced Low Dose Rate (ELDR) effects shall show that no dose rate enhancement effects exist for seven times (x7) the dose shown on the Figure 5‑1 TID curve, assuming only the vendor specific box shielding.
5.12.3 Displacement Damage Dose 

All DDD susceptible EEE parts shall not sustain permanent damage or performance degradation due to a minimum 10 MeV equivalent proton fluence of 3.4x1011 cm-2.
5.12.4 Single Event Effects

5.12.4.1 Destructive Events (SELs)
All EEE parts shall be immune to destructive SELs, up to an LET threshold of 75 MeV-cm2/mg.

5.12.4.2 Non-Destructive Events (SEUs, SETs, SEFIs, SHEs, and MBUs)
All EEE parts with an SEE LET threshold of < 75 MeV-cm2/mg shall have less than 1 critical effect (requires external intervention to correct) in 50 years, using the LET fluences in Table 6-7.

Table 5‑7  Integral LET Spectrum for Interplanetary Galactic Cosmic Rays (Z=1-92); 100 mils Aluminum Shielding, Values Do Not Include Design Margins
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5.12.4.3 Destructive Events (SEBs and SEGRs)
In components containing power transistors, all power transistors shall have a SEGR and SEB threshold LET > 75 MeV-cm2/mg when biased at 133% of the application Vds or Vce.

5.12.4.4 MOSFET Derating
MOSFETs that are operated in the linear region shall be derated to 75% of the highest passing Vds.
6.0 Cleanliness
At delivery, the DSS shall be sufficiently clean so as not to adversely affect its own performance, as well as not be a source of contamination to other items. In addition, the DSS shall not generate contaminants following delivery in excess of that permitted below by virtue of its design, materials of construction, or operation. The DSS shall have protective covers installed at delivery. The covers shall be non-contaminating and shall protect the DSS from contaminants.
6.1 Surface Contamination 
6.1.1 Surface Contamination Levels at Delivery
The DSS contractor shall specify the surface cleanliness requirements for the DSS to ensure that it meets its performance requirements at the Beginning and End of Life. The MMS minimum surface cleanliness requirement is Visibly Clean Highly Sensitive + UV light per Johnson Spacecraft Center SN-C-005. At delivery the DSS shall meet the more stringent of the MMS requirements or the DSS requirements.
6.1.1.1 Particulate Contamination

The DSS shall be free of particulate and molecular contamination when inspected with a UV and a bright white light in a darkened room.
6.1.1.2 Molecular Contamination
The DSS shall meet a molecular surface cleanliness level of A/3 per IEST-STD-1246D on all external and critical surfaces, when tested in accordance with IEST-STD-1246D.
6.1.2 Surface Contamination Generation
6.1.2.1 Particulate Generation
The DSS contractor shall not employ any of the following particle generating materials or processes into the DSS design or construction without prior approval from NASA/GSFC:

· Paints prone to shedding due to large paint pigment molecules, overspray, poor adhesion, etc.
· Dry lubricants (e.g. molybdenum disulfide).
· Surfaces prone to corrosion or oxides because of a lack of corrosion protection or dissimilar metals in close contact.
· Fabrics with brittle constituents (e.g., composites, graphite or glass).
· Perforated materials when material is highly susceptible to tear propagation (e.g., MLI).
· Metal oxides (bare [untreated] aluminum and magnesium, iron, non- corrosion resistant steel, etc.).
· Braided metallic or synthetic wires, ropes, slings, etc. unless measures have been taken to contain any broken filaments or fibers (sheathing, sealing with polymers, covering, etc.).
· Woven materials especially cut or unfinished ends (metal braid, EMI shielding, lacing cord, expando sleeving), unless measures have been taken to prevent fraying or generation of particles (cut with a hot knife, seal with polymer, bag, etc).
· Materials with thin films known to erode or crack or flake when subjected to normal handling (e.g., indium tin oxide [ITO] or other rigid or brittle semiconductor or ceramic coating on flexible substrates, Teflon, multi-layered insulation [MLI], etc.).
· Foams, highly textured materials.
· Trapped debris in holes.
· Silicones -- especially gaskets in connectors
6.1.2.2 Molecular Generation
6.1.2.2.1 Material Selection
The DSS materials shall have a total mass loss (TML) less than 1.00% and a collected volatile condensable mass (CVCM) less than 0.10%, as specified in ASTM E-595 unless a materials usage agreement has been generated and approved by NASA/GSFC. Silicones shall be avoided or minimized.  It is highly recommended that silicones be baked out at a high temperature prior to integration into the system to prevent extended bakeouts of the entire assembly. The DSS shall not contain materials that generate particles.
6.1.2.2.2 Assembly Outgassing

When measured in a vacuum of 10E-6 torr at 50 °C, the DSS outgassing shall not exceed 2E-10 g/sec per kg of unit under test of mass that is condensable on a Quartz Crystal Monitor (QCM) that is operated at -20 °C.
6.2 Electrostatic Cleanliness
The following paragraphs provide requirements and guidelines for minimizing the magnitude and variations in the radiated electric field from the external surfaces of the DSS when exposed to the space plasma. All external Observatory surfaces which are exposed to the space plasma should be sufficiently conductive and be connected to spacecraft ground through low impedance paths such that the potential difference between any point on the surface and the spacecraft ground is less than 0.5V when exposed to an 8nA/cm2 plasma flux. Exposed insulating materials are not desirable, but may be acceptable if they meet the requirements below. Likewise apertures that may expose internal insulating or non-grounded conducting surfaces to the space plasma are not desirable, but may be acceptable if they meet the requirements below.
6.2.1 Approved Exposed Materials

All external DSS surfaces shall be made from one of the following conductive materials.

Table 6‑1  Exposed Materials

	Material
	Max Value (Ohms/sq)
	Max Area/Ground (cm^2) dVmax/(Jmax*(Rg+Rsurf))

	MIL-DTL-5541 Class 3
	1
	10416667

	Aluminum(with Chromate Conversion Coating)
	1
	10416667

	Black Kapton 160XC
	450
	137363

	Copper
	1
	10416667

	Copper & Gold
	1
	10416667

	DAG213
	11000
	5679

	GeBK (blankets or tape)
	13000
	4806

	Gold
	7
	5208333

	ITO
	5000
	12488

	Magnesium
	1
	10416667

	Electroless Nickel
	10
	4166667

	Nickel Plated Fiberglass
	10
	4166667

	Silver Plated
	10
	4166667

	Stainless Steel
	10
	4166667

	Titanium
	10
	4166667

	VDA
	9
	4464286

	Z307
	100000
	625


The max value surface resistivity and max areas are for reference only, based on previously measured surface resistivity values, and a calculated area using the assumption that the resistance between a single surface ground point and the spacecraft single point ground is 5 ohms.

6.2.2 Exposed Conductive Surfaces
Conductivity of surfaces (such as metal panels, tape, thermal blankets) that can bleed charge across their surface and out through one or more edge ground strips or ground wire points, is often specified in terms of surface resistivity.  Materials that are applied as thin coatings on other conductive surfaces are often specified in terms of bulk resistivity. Materials such as paints that are not homogeneous, while having bulk or surface resistivity measured values, may not behave as simple resistors as assumed in the below requirements, and should be assessed based on their ability to meet the conductive surface to ground voltage requirement.
6.2.2.1 Conductive Surface Ground Path
All DSS external conductive surfaces shall be connected to the spacecraft interface with a resistance less than 5 ohms, either through the use of ground wire(s) or through metal-to-metal mounting contact.
6.2.2.2 Conductive Surface Resistivity

6.2.2.2.1 Conductive Surface Resistivity Magnitude

All exposed solid conductive surfaces shall have a surface resistivity of less than 62.5 x ((N/A)) - Rground Megohms per square where A is the exposed area in square centimeters and N is the number of connections to the next grounded material, and Rground is the resistance between the surface ground points and the spacecraft interface.
6.2.2.2.2 Conductive Surface Resistivity Grounding

All exposed solid conductive surfaces shall have a minimum of two (2) connections to the mounting interface with the Spacecraft. 
6.2.2.2.3 Conductive Surface Resistivity of Coatings on Dielectric Surface with Point Grounds

Coatings applied over a dielectric surface shall have a surface resistivity of less than 62.5 x ((N/A)) – Rground Megohms per square, where A is the exposed area in square centimeters, N is the number of ground connections to the next grounded material, and Rground is the resistance between the surface ground points and the spacecraft interface.

6.2.2.3 Conductive Bulk Resistivity

6.2.2.3.1 Conductive Bulk Resistivity of Coatings on Conductive Surface

Exposed coatings or paints deposited over conductive surfaces shall have a bulk resistivity of less than (62.5-Rground*A )/T Megohm-cm where Rground is the resistance between the surface ground points and the spacecraft interface, A is the exposed area in square centimeters, and T is the thickness of the coating in centimeters.  

6.2.2.3.2 Conductive Coatings on Dielectric Surface, Grounding

Exposed coatings applied over a dielectric surface shall have a minimum of two (2) connections to the spacecraft interface.

6.2.3 Exposed Insulators

6.2.3.1 Exposed Insulator Approval

Exposed insulators shall not be used unless approved by NASA/GSFC.
6.2.3.2 Exposed Insulator Area

Any insulator that is exposed to sunlight and/or to the plasma shall have dimensions such that its area is less than 1 cm2.  

6.2.3.3 Exposed Insulator Grounding

Each exposed insulator shall be surrounded by a conductive grounded area that is at least 20 times the area of the insulator.  

6.2.3.4 Exposed Insulator Total Area

The total area of exposed insulators shall not exceed 1% of the total exposed area of the DSS.
6.2.4 Exposed Apertures

6.2.4.1 Exposed Aperture Sizing

Any exposed aperture that is at a significant potential relative to the spacecraft ground shall have dimensions such that its area-voltage product is less than 80 V-cm2.  

6.2.4.2 Exposed Aperture Grounding

Any such aperture shall be surrounded by a conductive, grounded area that is at least 20 times the area of the aperture.

6.2.5 External Surface Ground Wires

All ground wires used to ground external surfaces shall be constructed of AWG #24 or larger.
6.3 Magnetic Cleanliness

To avoid corrupting the magnetic measurements that are a prime objective of the mission, the observatory and its subsystems are required to be “magnetically clean.”  The following paragraphs provide requirements and guidelines for minimizing the magnetic field generated by the observatory.

6.3.1 Minimizing Permanent Fields

Permanent fields arise from permanent magnets or magnetically soft materials that are magnetized in response to varying electrical or magnetic fields in ambient environment.  Permanent fields shall be minimized by: (a) strictly controlling the use of magnetic materials and (b) compensating the permanent fields.

The material described in Table 6‑2 shall be prohibited from Observatory.  Exceptions to this requirement can be made case by case upon completion of the magnetic assessment and the MMS project office approval

Table 6‑2: Prohibited Magnetic Materials List 

	Alloy 426
	Mumetal

	Alloy 7201
	Nichrome

	Carbon Steel 1008
	Nickel 200, 270

	Chromium
	Nickel Iron

	Cobalt
	Pelcoloy

	Copperweld
	Permalloy

	Dumet
	Platinum

	Electroless Nickel (except high-phosphorous)
	Remendur

	Electroloy
	Rodar

	Elinvar
	Stainless Steel 2022

	Fenicoloy
	Stainless Steel 3022

	Ferrites
	Stainless Steel 3032

	Gridaloy M, P
	Stainless Steel 3042

	Haynes Alloy #6
	Stainless Steel 403 & 405

	Invar
	Stainless Steel 410 & 416

	Iron
	Stainless Steel 430 & 446

	Kovar
	Stainless Steel AISI 440C

	Mesoloy
	Supermalloy

	Molypermalllow
	Ti 430

	Monel K1
	Vicalloy

	Monel R
	


1Based on a GSFC Materials Engineering Branch Technical Information Paper No. 128 entitled, "Minimizing Stray Magnetic Fields through Materials Selection". 
2Non-magnetic (technically paramagnetic) in the annealed condition.  If any of these alloys are cold worked then they will become magnetic.  The alloy condition will be clearly indicated on the Material Certification that will accompany the purchase.
3Inconel alloys, 600, 625 and 718, are considered non-magnetic, but become magnetic at cryogenic temperatures.
6.3.2 Minimizing Stray Fields

Stray fields are due to uncompensated current loops or stray currents that result in permanent or variable magnetic moments. The AC and DC magnetic field or moment generated from the DSS shall not exceed the following allocation in Table 6‑3.
Table 6‑3: AC/DC Magnetic Field & Moment Allocation

	Unit
	AC_limit (A-m2)
	AC_dB_1M (nT)
	DC_limit(A-m2)
	DC_db_1m (nT)

	DSS
	0.0112
	2.24
	0.069
	13.7


6.3.2.1 Minimizing Current Loops

Magnetic dipole moments are associated with the current loops and, if uncompensated, these can add up to large fields. The following guidelines may be used to minimize current loops:

(1)
Each positive wire that carries appreciable current (> 1 mA) should be twisted with its return.

(2)
Where twisting is not possible (at connector pins, for example), positive and negative power lines should be routed to minimize the enclosed area between them. In connectors this is done by placing the positive and negative pins adjacent to each other.
(3)
On printed circuit boards, positive and negative power traces should be routed to minimize the enclosed area between them.

6.3.2.2 Compensating Current Loops

It is not possible to completely eliminate current loops, and there are instances where the loop area cannot be minimized beyond a certain point. In these cases, the total field may be minimized by locating and orienting these loops in such a way as to generate opposing dipole moments that cancel each other.

6.3.2.3 Minimizing Stray Currents

Stray fields can result from uncompensated conductors or currents flowing via “sneak paths” in the structure. The following techniques may be used to minimize stray currents:

(1)
Every wire carrying appreciable current (> 1 mA) should have a return associated with it.

(2)
Stray currents associated with primary power can be eliminated by: (a) strict adherence to the single point grounding scheme for primary power, and (b) by isolating primary power from local signal and chassis grounds within components.

(3)
Interconnections between components should be carefully analyzed to determine all current paths.
7.0 Design & Construction requirements

7.1 Parts, Materials & Processes (PMP)

7.1.1 EEE Parts

The DSS contractor’s Quality Assurance system for EEE parts shall be in accordance with the requirements in the SOW, 461-ACS-SOW-0007 

7.1.2 Materials

The DSS's Quality Assurance system for materials shall be in accordance with the requirements in the SOW. 

All parts shall be passivated and mounting surfaces on the DSS shall be conductive as defined in Section 7.2.2.
Aluminum parts shall be finished with iridite per MIL-DTL-5541, Class 3.  

Titanium surfaces shall be finished per AMS 2488.  

Non-mounting surfaces shall be coated with a high emissivity coating (>0.7) such as black anodize per MIL-A-8625F Type II, Class 2.

7.2 Electrical

7.2.1 Reserved
7.2.2 Ground Strap Requirements
7.2.2.1 Ground Straps, Length to Width Ration

All ground straps shall have a length-to-width ratio of less than 5 to 1.

7.2.2.2 Ground Straps, Material

All ground straps shall be made of copper at least 1 mil thick, but still be flexible enough to attach to the spacecraft per the Mechanical ICD.
7.2.2.3 Ground Lug Contact Area

The grounding lug location on the component chassis or the tie points in contact with the ground strap shall have a minimum contact area of 80 mm2.

7.2.3 Reserved
7.2.4 Mitigation of Internal Charging

Internal charging refers to the physical effect where high energy electrons deposit charge in a dielectric, if the charging rate is higher than the leakage rate eventually a point is reached where the dielectric discharges to the nearby structure.

7.2.4.1 Mitigation Strategies for Internal Charging

There are a number of mitigation strategies possible to prevent charge build-up and subsequent arcing within components.  Designers shall implement one, or more, of the following strategies:

(1)
Provide sufficient AL shielding (2.5mm for bulk dielectric or 1 mm for Tefzel cable).
(2)
Use low pass filters at either end of the cable that absorbs the energy from the discharge without creating dangerous voltages.

(3)
Provide circuits at either end that have sufficiently low impedance that they are not harmed by the discharges

(4)
Provide circuits at either end that suppress transients (e.g. Transorbs).  Note this method is undesirable because the Transorbs add unwanted failure mechanisms.

Note, that if the contractor uses strategies (2), (3) or (4), all affected circuit designs shall be analyzed to demonstrate compliance with the requirements, using a transient circuit analysis tool such as Pspice.
7.2.4.2 Floating Conductors

Floating conductors, if present, shall have a bleed path of less than 10 MΩ to the component structure. This requirement is not applicable to small floating conductors (1 inch2 or less) or short (1 inch or less) unterminated traces or wires that are inside of the components.
7.2.4.3 Dielectric Structures

7.2.4.3.1 Bulk Resistivity

Dielectric structures with a bulk resistivity of greater than 1012 ohm-cm shall be avoided.

7.2.4.3.2 Charge Bleed-Off

All dielectric structures shall have a charge bleed path to the spacecraft interface, designed to route the discharge into the spacecraft structure in a controlled fashion.

7.3 Electromagnetic Compatibility

The design of the components will be such that they are electromagnetically compatible with each other and with all the external environments in which they are expected to be operated.  Specifically, the components will not: (a) generate electromagnetic interference that could adversely affect the operation and safety of each other, the launch vehicle, and other equipment present during ground operations; and (b) be susceptible to emissions that could adversely affect their operation and safety.  These emissions may originate from each other, from the launch vehicle, or from other equipment present during ground operations.

The mode of transmission of electromagnetic interference may be conduction through wires or radiation through space.  Electromagnetic compatibility requirements are designed to limit both conducted and radiated emissions and to minimize susceptibility to both types of emissions.  These requirements can be grouped into four types:

(1)
Conducted emission requirements are designed to prevent excessive noise from being induced on the spacecraft 
power bus by components, subsystems, and instruments that are connected to the bus.

(2)
Conducted susceptibility requirements are designed to insure that any component, subsystem, or instrument connected to the spacecraft power bus is not unduly susceptible to noise expected to be present on the power bus.

(3)
Radiated emission requirements are designed to prevent excessive noise from being radiated by the observatory and its components.

(4)
Radiated susceptibility requirements are designed to ensure that spacecraft components, subsystems, or instruments are not unduly susceptible to radiated noise emanating from the observatory and other sources.

The following table summarizes the emission and susceptibility requirements.

Table 7‑1  Emission and Susceptibility Requirements

	Category
	Description
	MIL-STD-461C
Identification
	GEVS Paragraph Reference
	Applicability

	Radiated Emissions  (RE)
	Magnetic Field 
	RE01
	(N/A)
	Applicable to all components.

	
	Electric Field
	RE02
	2.5.2.2.c
	Applicable to all components.

	Radiated Susceptibility (RS)
	Electric Field
	RS03
	2.5.3.2.a
	Applicable to all components.


7.3.1 Reserved
7.3.2 Reserved
7.3.3 Radiated Emissions

Radiated emission requirements are designed to prevent excessive noise from being radiated by the spacecraft components.

7.3.3.1 RE01 - Magnetic Field Emissions

Component level magnetic field emissions shall not exceed the limits of Figure 7‑1. 
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Figure 7‑1  Component Level RE01 Radiated Magnetic Field Emission Limits

7.3.3.2 RE02 - Electric Field Emissions

Component level electric field emissions shall not exceed the limits of Figure 7‑2.  


[image: image7]
Figure 7‑2  Component Level RE02 Radiated Electric Field Emission Limits

7.3.4 Radiated Susceptibility

Radiated susceptibility requirements are designed to ensure that spacecraft components are not unduly susceptible to radiated noise emanating from the observatory and other sources.

7.3.4.1 RS03 - Electric Field

The observatory and its components shall not malfunction or suffer degradation of performance when subjected to the radiated test signals that follow:

20 V/m
14 kHz to 12 GHz

30 V/m
2281.9 ±5 MHz (Observatory transmitter)

40 V/m
2211 ±5 MHz (launch vehicle third stage telemetry transmitter)
40 V/m
5765 ±5 MHz (launch vehicle second stage C-Band transponder)

7.4 Identification and Marking

Each unit shall be permanently marked with the part number and a unique sequential serial number in the area designated on the interface control drawing in a manner to be approved by the GSFC COTR.

All markings shall use alcohol proof ink.
7.5 WorkmanshiP

7.5.1 Workmanship Standards
The workmanship standards and processes outlined in the SOW shall be used.

7.5.2 Connector

7.5.2.1 GSE Cable Connectors

GSE cable connectors that mate with flight test connectors shall be flight-approved connectors.

7.5.2.2 Prevention of Connector Mismating

Connector mismating prevention requirements are as identified in this section.

7.5.2.2.1 Connector Uniqueness

Physically adjacent connectors shall be of different sizes or of different sexes.
7.5.2.2.2 Connector Facing

Physically adjacent Rectangular “D” connectors shall not face the same way.

7.5.2.2.3 Connector Keying

Circular connectors shall be positively keyed.

7.5.2.2.4 Accessibility

The DSS connectors shall be spaced far enough apart to allow the mate and demate operations to be performed without a special tool. Any harness cable or connector shall not touch any other adjacent connectors or harnesses.

7.5.2.2.5 Connector Gender

The connector half that sources power to another DSS shall be female (socketed) to protect against inadvertent grounding prior to mating.

7.5.2.3 Test Connectors

Wherever possible, DSS power shall not be applied or accessed at or through a test connector.
7.5.2.4 Connector Identification

Each harness connector shall be identified to facilitate mating by the use of a non-metallic band affixed to the cable which bears the reference designation of both the plug and the mating receptacle.

7.5.2.5 Protection of Unused Test Connectors

Test connectors shall be capped with flight-approved RF and static control covers when not in use.

7.5.2.6 Connector Savers

Connector savers shall be used during integration and test to minimize wear on connector contacts.

7.5.3 Reserved
7.5.4 Interchangeability

Harness subassemblies and related components shall be directly interchangeable in form, fit, and function with other items of the same part number.
7.6 Reliability
7.6.1 Mission Life

The DSS shall meet all performance specifications throughout 1 year of ground testing and 28 months of operation in space.

7.6.2 Shelf Life

The DSS shall not suffer any degradation in performance when stored for five (5) years either on the S/C or in bonded storage.
8.0 Logistics

8.1 Reserved
8.2 Ground Support Equipment
The deliverable ground support equipment (GSE) shall include test simulator equipment, which will be capable of stimulating the sensor to produce a signal directly for end-to-end testing. The stimuli shall be capable of exciting outputs over the entire sensor range, and shall be accepted for use in a thermal vacuum environment. A stimulus shall be provided for the sensor. A set of control electronics, user manual, thermal vacuum cables, and power supplies shall also be provided. The DSS stimulator shall be capable of being controlled by a personal computer (PC).
8.2.1 Functional Testing

8.2.1.1 Elevation Angle Range Testing

The GSE shall have a capability to test the DSS over the full sun elevation range and over the entire DSS spin rate range capability.
8.2.2 ESD
ESD covers shall be non-contaminating, i.e., they do not transfer molecular film or particle contaminants in excess of ½ the surface cleanliness requirements for the connectors (carbon loaded high density polyethylene ESD Covers are recommended).

8.2.3 Thermal Vacuum Testing

Any GSE that will be used in a Thermal Vacuum test (harnesses, fixtures, stimulators, etc.) shall be fabricated of vacuum compatible materials that meet the requirements of Section 7.

Any GSE that will be used in a Thermal Vacuum test shall be capable of being baked out at 60 degrees Celsius.  Special care will be taken to preserve the surface cleanliness of thermal vacuum GSE items (especially harnesses) during integration and test activities in non-cleanroom areas.  Minimize contact with contaminating surfaces.  Bagging is recommended whenever possible. 

8.2.4 Cleanroom Compatibility

GSE that will be used in contractor or GSFC cleanrooms shall be cleanroom compatible.  Materials shall not outgas or generate particles that violate the requirements of Section 6.1.  Aluminum for example shall have protective finishes to prevent oxidation (anodize, chromate conversion (irridite), or cleanroom compatible paint).  

Any GSE that will be in contact or close proximity (up to approx. 6 feet) of flight hardware shall meet the same surface cleanliness requirements as the flight hardware unless the flight hardware can be thoroughly cleaned to remove any transferred contaminants.  Materials that contact the flight hardware shall meet the vacuum compatibility requirements in Section6.1.
9.0 Verification Requirements

The contractor shall conduct a verification program that demonstrates the hardware design is qualified and meets all requirements contained in this document.  Per the SOW (461-ACS-SOW-0007), the contractor will provide a verification matrix defining the method of verification for each specific requirement of this document.  
9.1 Verification Methods

Verification methods include inspection, analysis, as well as environmental, functional, and performance testing, or a combination of these techniques.

9.1.1 Inspection

Verification by inspection includes (but is not limited to) visual inspection, simple physical manipulation, gauging, measurement, and documentation examination.

9.1.2 Analysis

Verification by analysis will be used to show design margins.   Also, when the particular tests required for verification are impractical, risky, unacceptably long, or prohibitively expensive, analysis may be used instead of testing, as noted in the verification matrices.

Analysis, including simulations where applicable, will also be used to guarantee that the DSS and its components will perform as expected under worst-case conditions.

9.1.3 Test

Verification by test includes, but is not limited to, the evaluation of performance by use of special equipment or instrumentation, simulation techniques, and the application of established principles and procedures to determine compliance with requirements.

9.2 Inspection Requirements
Verification by inspection shall be by one of these three methods: 1) visual inspection of the physical hardware; 2) a physical measurement of a property of the hardware, or; 3) a documentation search demonstrating hardware of an identical design has demonstrated fulfillment of a requirement.

9.2.1 Visual Inspection

Visual inspection of the physical hardware shall be performed by a customer appointed qualified inspector certifying that the hardware has the properties/configuration specified in the requirement.

9.2.2 Physical Measurement

Physical measurement of hardware property (i.e. mass, dimensions, etc.) shall be performed by a customer appointed qualified inspector demonstrating the hardware meets specific requirement.

9.2.3 Documentation Search

Verification of requirements based on similarity shall include supporting rationale and documentation and shall be approved by the GSFC COTR

9.3 Analysis Requirements
Verification of performance or function through detailed analysis, using all applicable tools and techniques, is acceptable with GSFC COTR approval. Detailed descriptions of the minimum required analyses, as well as analysis requirements, are provided in the SOW.
9.4 Test Requirements
This section provides general test requirements on how testing is to be performed in the process of verifying that the deliverable item meets its requirements. Performance parameter measurements shall be taken to establish a baseline that can be used to assure that there are no data trends established in successive tests that indicate a degradation of performance trend within specification limits that could result in unacceptable performance in flight. Any requirement that exceeds previous qualification test data shall be presented to the MMS project as part of the verification planning process described in the SOW, for evaluation and a possible delta qualification test.
9.4.1 Definitions
The hardware definitions are reproduced here from Section 1.8 of GEVS (GSFC-STD-7000).

Qualification or Prototype Hardware:”Hardware of a new design; it is subject to a design qualification test program; it is not intended for flight.” The purpose of the tests on this hardware is to prove that a new design meets one or more of its design requirements.  Qualification testing is performed at maximum expected flight levels plus a margin.  Test durations are typically longer than for acceptance tests.

Protoflight Hardware: ”Flight hardware of a new design; it is subject to a qualification test program that combines elements of prototype and flight acceptance verification; that is, the application of design qualification test levels and flight acceptance test durations.”  The purpose of the test on this hardware is to prove that a new design meets one or more of its design requirements.  Protoflight testing is performed at maximum expected flight levels plus a margin.  Test durations are typically the same as for acceptance tests.

Follow-On (Acceptance) Hardware: Flight hardware built in accordance with a design that has been qualified either as prototype or as protoflight hardware; follow-on hardware is subject to a flight acceptance test program.”  The purpose of the test on this hardware is to prove that a particular flight unit has been manufactured properly.  The design has already been proven during a qualification or protoflight test program.  Acceptance testing is performed at maximum expected flight levels.
9.4.2 Test Factors

The following test factors and durations, shown in Error! Reference source not found., shall be used for prototype, protoflight, and follow-on flight hardware.
Table 9‑1 Test Factors and Durations
	Test
	Prototype
	Protoflight
	Acceptance

	Structural Loads

Level

Duration

Centrifuge

Sine Burst(1)
	1.25 X Limit Load

1 Minute

5 Cycles Full Level
	1.25 X Limit Load

30 Seconds

5 Cycles Full Level
	Limit Load(2)

30 Seconds

5 Cycles Full Level

	Acoustic

Level

Duration
	Limit Level +3dB

2 Minutes
	Limit Level +3dB

1 Minute
	Limit Level

1 Minute

	Random Vibration 

Level

Duration
	Limit Level +3dB

2 Minutes/Axis
	Limit Level +3dB

1 Minute/Axis
	Limit Level

1 Minute/Axis

	Sine Vibration 

Level

Sweep Rate(3)
	1.25 X Limit Level

2 Octaves/Minute/Axis
	1.25 X Limit Level

4 Octaves/Minute/Axis
	Limit Level

4 Octaves/Minute/Axis

	Shock

Actual Device

Simulated
	2 Actuations

1.4 X Limit Level

2 Actuations/Axis
	2 Actuations

1.4 X Limit Level

1 Actuations/Axis
	1 Actuation

Limit Level

1 Actuation/Axis


9.4.3 Test Tolerances

Tolerances for the various mechanical test parameters are given in Error! Reference source not found..
Test Tolerances 9‑2
	Test
	Test Parameter
	Tolerance

	Temperature
	
	( 2 (C

	Humidity
	
	( 5% RH

	Loads
	Steady-State (Acceleration):
	( 5%

	
	Static:
	( 5%

	Mass Properties
	Weight:
	( 0.2%

	
	Center of Gravity:
	( 2 mm

	
	Moments of Inertia
	( 1 %

	
	Products of Inertia
	( 5 %

	Mechanical 
	Response Spectrum:
	+ 25%, - 10%

	Shock
	Time History:
	( 10%

	Pressure
	>1.3 x 104 Pa (> 100 mm Hg):
	( 5%

	
	1.3 x 104 to 1.3 x 102 Pa (100 mm Hg to 1 mm Hg):
	( 10%

	
	1.3 x 102 to 1.3 x 101 Pa (1 mm Hg to 1 micron):
	( 25%

	
	< 1.3 x 101 Pa (< 1 micron):
	( 80%

	Vibration
	Sinusoidal:
	Amplitude
	( 10%

	
	
	Frequency
	( 2%

	
	Random:
	RMS Level
	( 10%

	
	
	Accel. Spectral Density
	( 3 dB


9.4.4 Test Restrictions

9.4.4.1 Failure During Tests

When a failure (non-conformance or trend indicating that an out-of-spec condition will result) occurs, determination will be made as to the feasibility and value of continuing the test to its specified conclusion. The test shall be stopped if equipment fails during testing in cases where this failure will result in damage to the equipment.  Otherwise, the test shall be completed to obtain as much information as possible.  If corrective action is taken, the test will be repeated to the extent necessary to demonstrate that the test item’s performance is satisfactory.  If corrective action taken as a result of failure affects the validity of previously completed tests (e.g., redesign of a component), prior tests will be repeated. 

If during a test sequence, a test item is operated in excess of design life and wears out or becomes unsuitable for further testing from causes other than deficiencies, a spare will be substituted, and previously completed tests will be repeated to the extent necessary.

No replacement, adjustment, maintenance, or repairs are authorized during testing. This requirement does not prevent the replacement or adjustment of equipment that has exceeded its design operating life during tests, provided that after such replacement, the equipment is tested as necessary to assure its proper operation.  A complete record of any exceptions taken to this requirement shall be included in the test report.

9.4.4.2 Modification of Hardware

Once the formal acceptance test has started, cleaning, adjustment, or modification of test hardware shall not be permitted.

9.4.4.3 External Adjustment

The DSS shall be designed so that no external adjustments are required after start of acceptance or qualification testing.

9.4.4.4 Re-Test Requirements

If any event, including test failure, requires that a DSS be disassembled and reassembled, then all tests performed prior to the event must be considered for repeat.  If the unit has multiple copies of the same build, then all units must be examined to determine if the problem is common.  If all copies require disassembly for repair, then each must receive the same test sequence.

9.5 Required Tests
The following tests are required for each DSS to provide assurance that the DSS meets its all of its requirements.  Each test or demonstration is described below:

· Performance Testing

· Mass Properties

· Static Load/Strength(If required)
· Sine Sweep Survey(If required)
· Sine Vibration (If required)
· Random Vibration

· Shock (If required)
· Thermal Bake-out
· Thermal Vacuum

· EMI/EMC
· Electrostatic Cleanliness Verification

· Magnetics (GSFC will perform)

9.5.1 Performance Tests

9.5.1.1 Comprehensive Performance Test

The Comprehensive Performance Test (CPT) will be used to verify full compliance of each flight unit to all of its performance requirements, within the limitations of the environment and facilities.  The CPT will be designed to verify unit performance in all modes and configurations and under varying input/output conditions.

9.5.1.2 Functional Test

The Functional Test (FT), also known as a Limited Performance Test (LPT), is a subset of the Performance Test and is designed to verify functionality of the flight unit under nominal input/output conditions. The FT will be used to verify unit operation when it is not practical to use the CPT. Typically, it is used during and after certain environmental tests to demonstrate that the functional capability of the component has not been degraded due to environmental exposure, handling, and transportation.  It is also commonly used during some of the hot and cold plateaus during thermal vacuum testing.

9.5.1.3 Abbreviated Functional Test

An Abbreviated Functional Test (AFT) may be used when it is necessary to monitor the performance of the flight unit over a very short period of time. The AFT is typically used when a unit is being subjected to vibration testing.
9.5.1.4 Rotational Angle and Stray Light Test

A test shall be performed that verifies proper sun pulse performance output and sun elevation output over a ±90 degree spin rotation angle with respect to the sensor's boresight axis. This test shall be performed while varying the elevation angle in no greater than ten (10) degree increments over the ±85 degrees field of view.
9.5.2 Mass Properties Measurement

Measurement of the weight and center of gravity of each flight hardware component will be made to show compliance with requirements and to provide accurate data for the observatory mass properties control program.  Center of gravity at the component level will be referenced to the component to spacecraft mounting interface.

9.5.3 Static Loads/Strength Test
Strength testing is used to verify the component strength and structural integrity (beryllium and composite materials cannot be qualified by analysis alone), and it can be done using a variety of techniques, such as sine burst, static pull, or centrifuge testing.  

Structural design loads shall be applied to prototype or protoflight hardware.  There is no requirement to strength test flight hardware that has already been strength tested through a prototype or protoflight program (ie, there is no “acceptance level” strength test requirement for flight hardware).
No permanent deformation may occur as a result of the loads test, and all applicable alignment requirements must be met following the test.  Units that require alignment will have an alignment check following loads testing.  
The DSS shall be powered off during static loads tests if the item will be unpowered during launch. A performance test shall be conducted after the loads test to verify that no damage occurred due to the loads test. A functional test shall be performed before the start of testing and after a test in each axis if sine burst is used.

9.5.3.1 Sine Burst

If sine burst test is selected, the test will be performed in each of three orthogonal component axes.  A simple Sine Burst test following the random vibration test in each axis is a convenient method to conduct a structural loads test.  Test frequency will be less than one-third of the resonant frequency of the component to avoid dynamic amplification during test.   This test applies a ramped sine input at a sufficiently low frequency such that the test item moves as a rigid body.  The test will be conducted in a stepwise manner starting with lower level sine-bursts that are fractions of the full load.  An analysis is required to show that a base drive Sine Burst test will not cause over-test or under-test in some areas of the structure. The number of cycles at maximum level will be at least 5.

9.5.3.2 Static Pull

Static pull tests are another method to perform loads testing and can be applied at flight interfaces in a static test facility.  The loads can be applied either as DSS loads applied simultaneously, or the single resultant vector load can be applied to the test point.  Strain gages are generally positioned around the test point to verify deflection predictions from the analytical model. The Test Duration shall be at least 30 seconds.
9.5.4 Sine Sweep Survey
The Sine Sweep shall be conducted on each DSS before and after vibration testing in each axis.  A low-level sine sweep is used to determine the modal signature of the flight item to verify compliance with fundamental frequency requirements, and to verify no change in structural integrity from testing.  Test parameters will be as follows:

· Frequency: 5 - 2000 Hz

· Acceleration: 0.25 g

· Sweep Rate: 2 octaves/minute

This test will be performed immediately preceding the sine/random vibration tests and will be repeated after the sine/random vibration tests to verify that the modal signature of the unit under test (first resonant frequency) is within 5% of the pre-test frequency. In this case, the unit has passed and the test can continue. If the post-test frequencies are between 5% and 10% of the pre-test frequencies, the cause of the shift should be investigated (test bolt torques, etc.) before determining whether failure has occurred or success has been achieved and whether the test can continue. A shift of greater than 10% indicates failure, and the test should be terminated, and the failure documented. In either case when the shift is greater than 5%, NASA/GSFC shall be notified.
Frequencies shall be verified and reported up to 200 Hz. Any component which fails to meet the specified fundamental frequency must supply a finite element model, correlated to modal survey test results up to 50 Hz, to be used in coupled loads analyses.
9.5.5 Sine Vibration

The DSS shall be subjected to sweep sine vibration testing to the appropriate levels and durations shown in the mechanical requirements section.

Sine vibration test is intended to verify workmanship quality and to simulate launch vehicle loading conditions.  The test will consist of a low frequency sine transient or sustained sine environment that would be present in launch by minimum modal frequency in each of three mutually perpendicular axes, one of which is normal to the mounting surface.

For the sine vibration tests, the unit under test will be attached to the vibration table using the same configuration, attachment points, preloads, and attachment hardware that will be used during launch and flight.  Cross-axis responses of the fixture will be monitored to preclude unrealistic levels.  During the test, the test input level will be reduced (notched) at critical frequencies, if required, to limit the vibration loads and/or acceleration responses to 1.25 times design limit levels.  During the vibration test, the flight unit will be powered and critical signals monitored and recorded using recording instruments that have a response equal to or greater than the highest frequency of vibration (this requirement applies only to those units that are expected to be powered during launch).  A functional test shall be performed before the start of testing and after a test in each axis.
9.5.6 Random Vibration

The DSS shall be subjected to a random vibration test in each of three orthogonal axes of the unit under test, one axis being perpendicular to the mounting surface to the appropriate levels and durations shown in the environmental requirements section.  Random vibration test is intended to demonstrate workmanship quality and to simulate launch vehicle aerodynamic environmental levels.  During the test, the test input level will be reduced (notched) at critical frequencies, if required, to limit the random vibration loads and/or acceleration responses to 1.25 times design limit levels.   Notching will be limited to -12 dB of the original input and to a bandwidth of less than 100 Hz (notching beyond these limits will require MMS project approval).
For the random vibration test, the unit under test will be attached to the vibration table using the same configuration, attachment points, preloads, and attachment hardware that will be used during launch and flight.  Prior to the test, a survey of the test fixture/exciter combination will be performed to evaluate the fixture dynamics and the proposed choice of control accelerometers. Cross-axis responses of the fixture will be monitored during the test to preclude unrealistic levels.  
During the vibration test, the flight unit will be powered and critical signals monitored and recorded using recording instruments that have a response equal to or greater than the highest frequency of vibration (this requirement applies only to those units that are expected to be powered during launch). A functional test shall be performed before the start of testing and after a test in each axis.
9.5.7 Shock

Shock test is designed to verify that flight hardware will survive expected shock events such as observatory separation, boom deployment, etc.

The DSS shall be assessed as to whether it is shock sensitive or not. Items that are more likely to be shock sensitive include very brittle materials (e.g., glass, ceramics), wire bonds, sensors, transducers, and filters. 

If the item is deemed shock sensitive or deemed to contain shock-sensitive parts, then the hardware must be qualified for the shock environment by demonstrating a 3dB margin against the shock response spectrum given in Table 5‑4.  Previous shock testing may be used to demonstrate qualification.  If a positive margin can be demonstrated, then the item is considered qualified for shock based on heritage.

If no data exist or a 3dB margin cannot be demonstrated based on prior testing, then a component level shock test is required.  Shock testing may be performed at the sub-component or part level so as to limit the test risk to the flight hardware.  

If the DSS is not deemed shock sensitive, then qualification for the shock environment is not required, and the shock testing can be deferred to the level of assembly that allows for actuation of the actual shock-producing device.

9.5.8 Thermal Bake-out

The DSS shall be baked-out prior to delivery to GSFC to reduce outgassing of contaminants to meet the requirements on Section 6.1.2.2.2. The rate measured at the QCM shall be adjusted to account for chamber geometry, presence of cold sinks, chamber pumping speed, view factors of the QCM, and any other factors necessary to assure an accurate measurement of the total outgassing per unit time per Kg mass of the unit under test.

9.5.9 Thermal Vacuum Test

9.5.9.1 Thermal Vacuum Test Parameters

Thermal vacuum testing shall be conducted in accordance with the requirements of Error! Reference source not found..

Table 9‑2  Thermal Vacuum Test Parameters

	Parameter
	Component Level

	Chamber Pressure After Evacuation
	< 5 x 10-5 Torr

	Number of Cycles
	8

	Acceptance Temperature Limits (beyond operational limits)
	5 (C

	Proto-flight Temperature Limits (beyond operational limits)
	10 (C

	Temperature Rate of Change
	2 – 4 (C per minute

	Minimum Dwell Time (at cold and hot plateaus)
	4 hrs

	Cold/Hot Turn On of Components (at cold and hot plateaus)
	Yes

	Total Number of Comprehensive Performance Tests (at least one each at cold and hot plateaus)
	( 2


9.5.9.2 Thermal Vacuum Test Profile
During Thermal Vacuum testing, the DSS shall be in flight configuration, with the possible exception that items that do not involve mechanisms may remove their thermal blankets to speed the transition times between temperature extremes.  
The DSS shall apply the Thermal Vacuum Test profile shown in Error! Reference source not found..
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Figure 10-1 Thermal Vacuum Profile
The DSS shall be thermal balanced in worst hot, cold and survival cases as mutually agreed upon by the contractor and the COTR. 
The objective of the thermal vacuum balance test is to validate the thermal design of the component, demonstrating that the component thermal design will perform as required to meet equipment temperature constraints.  Design validation is accomplished by applying hot-cold operational and environmental conditions and verifying that temperatures stay within required limits while components operate as they would on orbit.  In addition, test data will be obtained to correlate or correct analytical model parameters thereby enhancing predictions of thermal performance for all phases of the MMS mission.  The thermal balance test may be combined with the thermal vacuum test. 
9.5.10 Reserved
9.5.11 EMI/EMC Tests
EMC tests comprise emissions and susceptibility tests.  Emissions tests are intended to verify that the flight unit does not generate either conducted or radiated interference that could hinder the operation of other components, and susceptibility tests are intended to verify that the flight unit will operate properly when subjected to conducted or radiated interference from other sources.  It is encouraged to perform these EMI tests as early as possible in the development. 
All tests shall be performed with the DSS in its most sensitive mode for susceptibility testing and in its most noisy mode as appropriate for the EMI emission test.
9.5.11.1 Reserved 
9.5.11.2 Reserved 
9.5.11.3 Radiated Emissions Tests

The radiated emissions tests shall be performed on the first flight units only

9.5.11.4 Radiated Susceptibility Tests

The radiated susceptibility tests shall be performed on the first flight units only.
9.5.12 Electrostatic Cleanliness Verification

Electrostatic cleanliness verification is needed to ensure that the surfaces of external components are within their respective allocated surface resistivity requirements.

All exposed surfaces of the DSS shall be tested for surface conductivity and charge bleed-path to the observatory structure.

9.5.13 Magnetic Tests

The magnetic tests are needed to identify magnetic parts and to ensure that the DSS is within its respective allocated magnetic field requirements. Magnetic acceptance testing is required to be performed just prior to delivery of the component or subsystem, but it is recommended that early tests be performed to detect potential problems early. Magnetics testing will be performed by NASA/GSFC personnel as specified in the SOW, 461-ACS-SOW-0007.
Appendix A  Abbreviations and Acronyms

	Abbreviation/ Acronym
	Definition

	AC
	Alternating Current

	AFT
	Abbreviated Functional Test

	Al
	Aluminum

	CCB
	Configuration Control Board

	CCR
	Configuration Change Request

	CE
	Conducted Emissions

	CG
	Center of Gravity

	CM
	Configuration Management

	CMO
	Configuration Management Office

	CMOS
	Complementary Metal Oxide Semiconductor

	COTR
	Contracting Officer's Technical Representative                                                                                                                                                                                                          

	CPT
	Comprehensive Performance Test

	CS
	Conducted Susceptibility

	CVCM
	Collected Volatile Condensable Mass

	DA
	Double Amplitude

	DC
	Direct Current

	DDD
	Displacement Damage Dose

	DILS
	Deliverable Items List and Schedule

	DSS
	Digital Sun Sensor

	EED
	ElectroExplosive Actuators

	EEE
	Electrical, Electronic, and Electromechanical

	ELDR
	Enhanced Low Dose Rate

	EMC
	Electromagnetic Compatibility

	EMI
	Electromagnetic Interference

	EOL
	End of Life

	ESD
	Electrostatic Discharge

	FS
	Factor of Safety

	FT
	Functional Test

	GeBK
	Germanium Black Kapton

	GSE
	Ground Support Equipment

	GSFC
	Goddard Space Flight Center

	ICD
	Interface Control Drawing/Document

	I&T
	Integration and Test

	ITO
	Indium Tin Oxide

	LET
	Linear Energy Transfer

	LPT
	Limited Performance Test

	LVDS
	Low Voltage Differential Signal

	MBU
	Multi Bit Upset

	MLI
	Multi-Layer Insulation

	MMS
	Magnetospheric Multiscale

	mΩ 
	Megaohms

	MOP
	Maximum Operating Pressure

	MOSFET
	Metal Oxide Semiconductor Field-Effect Transistor

	MS
	Margin of Safety

	NASA
	National Aeronautics and Space Administration

	NEA
	Non-Explosive Actuators

	NIEL
	Non-Ionizing Energy Loss

	OSR
	Optical Solar Reflector

	PDL
	Product Design Lead

	QCM
	Quartz Crystal Monitor

	RE
	Radiated Emissions

	RF
	Radio Frequency

	RS
	Radiated Susceptibility

	SC
	Spacecraft

	SCoRe
	Signature Controlled Request

	SEB
	Single Event Burnout

	SEGR
	Single Event Gate Rupture

	SEE
	Single Event Effects

	SEFI
	Single Event Functional Interrupt

	SEL
	Single Event Latchup

	SEM
	Scanning Electron Microscope

	SEU
	Single Event Upset

	SHE
	Single Hard Error

	SOW
	Statement of Work

	SPL
	Sound Pressure Level

	TBD
	To Be Defined

	TBR
	To Be Reviewed

	TID
	Total Ionizing Dose

	TML
	Total Mass Loss

	UUT
	Unit Under Test

	VDA
	Vapor Deposited Aluminum
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Perform a CPT at ambient pressure with the component powered at 12 Volts.


The component will be powered and critical parameters monitored using the AFT during chamber evacuation. 


Once temperature has stabilized within requirements, perform a CPT at 12V


During all transitions between temperature extremes, the component will remain powered and its performance monitored and recorded per the AFT


Turn unit off at 2/3rd of Survival temperature, achieve Survival temperature, stabilize 1 hour, then transition to Protoflight temp and stabilize temperature.


Demonstrate cold-start and hot-start capability by powering on the unit, wait 1 minute, then turn on the unit, followed by performing a CPT at 12V.


Once temperature has stabilized within requirements, perform a LPT at 12V. 


Once temperature has stabilized within requirements, perform a LPT at minimum Operating Voltage (per specification).


Once temperature has stabilized within requirements, perform a LPT at maximum Operating Voltage (per specification).


Turn unit off, then raise temperature to Survival level, stabilize, perform Bakeout.
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